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LOW-SPEED TESTS OF FIVE NACA 66 -SSRIES AIRFOILS 
HAVING ¥EM LILIES DESIGITID TO GIVE 


HIGH CRITICAL MACH NUMBERS 

By Albert E. von Doenhoff, Louis 3. Stivers, Jr., 
and James M. O'Connor 

SUMMARY 


The possibility of developing an airfoil to carry 
lift y/ithout decreasing the critical Mach number below 
that of the basic thickness form at zero lift has been 
investigated. Low-speed tests of five NACA b6-series 
airfoil sections having a thickness -chord ratio of O.I 6 
were made in the Langley tv/o-dimensional lov/-turbulence 
pressure tunnel. By designing the mean line to carry 
load over the portions of the airfoil section having low 
Induced velocities an effective design lift coefficient 
(the lift coefficient corresponding to the center of 
the range of high critical Mach numbers as obtained 
from the experimental pressure distribution) of approxi- 
mately 0.1 was obtained for several airfoil sections 
without causing the maximum predicted critical Mach 
numbers to be appreciably less than the critical Mach 
number for the basic thickness form at zero lift. The 
maximum lift coefficients and the drag coefficients in 
the low-drag range y/ere approximately the same for these 
airfoils as for the NACA oo-series airfoil sections 
having the same thickness and approximately the same 
effective design lift coefficient v/ith the uniform-load 
mean line, The low-drag range at a Reynolds number 

of 9 ^ 1*1^ decreased with increase in design lift coef- 
ficient above a value of 0.2. The pitching -moment 
coefficients v/ere larger than those of airfoils having 
the same effective design lift coefficients v/lth the 
uniform-load mean line but were not nearly so large as 
those corresponding to the design load distribution. 

Recommendations concerning the use of the airfoils 
at high speeds cannot be made because of the lack of 
t'est date at high Mach numbers. 
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INTRODUCTION 


A large amount of work has been done on the problem 
of designing airfoils that have high critical Mach 
numbers. The NAGA l6-series airfoils, presented in 
reference 1, have a thickness distribution that gives 
unusually high critical Mach numbers for a given 
thickness-chord ratio. This series of airfoil sections, 
hov;ever, has high critical Mach numbers over only a 
limited range of lift coefficients. Many of the 
NACA 6-serles airfoils, data for which are presented 
in reference 2 , have critical Mach numbers soraewhat 
lower than those for the corresponding airfoils of the 
NACA 16-serles but have high critical Mach numbers over 
a considerably larger range of lift coefficients. The 
forward portion of the NACA 6-ssries sections are 
designed so that the pressure distribution forward of 
the point of minimum pressure becomes essentially flat 
at the extremities of the range of lift coefficients 
for low drag. For a given position of minimum presst^e 
on the basic thickness form, this design condition gives 
an airfoil shape that has a minimum increase in maxim.um- 
velocity ratio throughout the range of lift coefficients 
for low drag. 

Because the mean line corresponding to a uniform 
chordwise distribution of load at the design lift coef- 
ficient (a = 1.0) has the highest possible critical 
speed for a given lift coefficient, this mean line has 
been mpst frequently used as the mean line of 
NACA 16-series and NACA 6-series sections. Although the 
uniform-load mean line has the optimum critical-speed 
characteristics for the mean line itself, an airfoil of 
finite thickness having this mean line will not necessarily 
have the highest possible critical speed for a given 
thickness and design lift coefficient. The critical 
speed of an airfoil' section is determined by the maximum 
velocity occurring on the airfoil surface. If the mean 
’line for a given thickness distribution is designed so 
as to cause the airfoil to carry lift over the portions 
of the chord v/here the velocity is less than the 
maxlmiom, the airfoil will then be able to carry some 
lift and not have a velocity ratio greater than the 
maxim'jm for the basic thickness form. In order for the 
airfoil to carry the largest amount of lift v;ithout 
decreasing the critical Mach number below that for the 
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"basic thickness form at zero lift, the pressures over 
the upper surface of the airfoil must be ualform and. 
the pressure coefficient must equal that of the basic 
thickness form. 

-For the portion of an .NACA 6 -series airfoil for- 
ward of the position o.f minimum pressure, the load 
distribution associated with angle of attack is optimum 
at the lift coefficient corresponding to the upper 
emtreraity of the low-drag range beceuso at this lift 
coefficient the pressure distribution over the upper 
surface becomes uniform from the leading ed.ge back to 
the original position of minimum pressure. In order not 
to disturb the pressure distribution over the forward 
portion of the airfoil, the optimum mean line for high 
critical Iviach nurabers should be designed to give zero 
load .from the leading edge to the point of minlm.um 
pressure on the basic thickness form and to give a load 
distribution corresponding to uniform pressure over the 
upper surface from this point to the trailing edge. 

Such a load distribution ordinarily corresponds to a 
large finite load at the trailing edge. Previous 
experience with airfoils having mean lines designed to 
give finite loads at the trailing edge indicates that 
the load distribution over most of the chord is sub- 
stantially as specified but that the finite load at the 
trailing edge is not realized in practice. 

The purposes of the present Investigation are (1) to 
determine experimentally the extent to which bhe methods 
just described are effective in increasing the design 
lift coefficient o.f an airfoil v/itliout decreasing the 
critical Mach number appreclablj' belov/ that of the basic 
thickness form and (2) to determine the effects of the 
corresponding unusvial type of load distribution on 
characteristics of the airfoil section other than the 
critical Mach number, such as pitching moment, inaxiraum. 
lift, and drag. The present investigation includes low- 
speed tests in the Langley two-dimensional lov/-turbulence 
pressure tunnel of five airfoil sections having th.e 
NACA 66(215 )-0l6 basic thickness form. Three of these 
sections have mean lines designed to carr^;' various 
amounts of load back of the position of minimum pressure 
of the basic thiclcness form (0,6 chord) at the design 
lift coefficient. The other two airfoils have mean 
lines designed to carry a part of the total load 
uniformly over the entire chord. The tests consisted 
of measurements of lift, drag, and pitching mioment at 
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Reynolds numbers of 3 x 10^, 6 x 10^, and 9 x 10^ 

and at Mach numbers less than 0.17. Lov-speed pressure 
distributions for each of the airfoils were determined 

at a Reynolds number of 6 x 10^ through a range of 
angles of attack corresponding to a range of lift coef- 
f’ Giants from large negative values to values beyond 
the positive stall. 

Definite recommendations concerning the use of the 
airfoiD.s at high speeds cannot be made because of the 
lack of test data at high Mach numbers. Additional data 
are also needed on the application of lateral— control 
and high-lift devices because of the unusual shape of 
the airfoils near the trailing edge. 


SYMBOLS 


a 

c 

°d 

°'^min 

°^max 

'^n^a.c. 

^c/4 

Ho 


mean-line designation, fraction of chord 
from leading edge over which design load 
is mil form 

chord 

section drag coefficient 

minimum section drag coefficient 

section lift coefficient 

maximum section lift coefficient 

design section lift coefficient 

moment coefficient about aerodynamic center 

moment coefficient about quarter-chord point 

free— stream total pressure 


critical Mach number 
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P 

0-0 

R 

S 

X 

J 


local static pressure 
free— stream dynamic pressure 
Reynolds momber 

pressure coefficient 



distance along chord line measured from leading 
edge 

distance perpendicular to chord line measured 
from chord line 

section angle of attach 


DESIGN OP THE AIRPOIL SECTIONS 


The basic thickness form for all the airfoils tested 
in this investigation was the NACA 66(215)-0l6 airfoil 
section, which has minimum pressure at 0 . 6 c from the 
leading edge and a thickness-chord ratio of 0 .I 6 . As 
previously discussed, mean lines were desired that have 
zero load from x/c =0 to x/c = 0.6 and linearly 
increasing load from this point to the trailing edge. 
Because the relations obtained from the theory of thin 
wing sections are linear, the theoretical mean lines 
and load distributions can be obtained simply by 
addition of the ordinates and the corresponding velocity 
increments of component mean lines . 

The desired type of load distribution is obtained 
by a combination of a uniform-load mean line (a = l.O) , 
v/ith a mean line having \miform load from the leading 
edge to 0 . 6 c and linearly decreasing load from 0 . 6 c to 
the trailing edge (a -- 0.6). In order for the load 
to be zero over the forward portion of the airfoil, the 
design lift coefficient for the mean line of the type 
a = 0.6 must be - 0.8 times the design lift coefficient 
for the mean line of the type a = 1 . 0 ; in order for an 
airfoil to have a design lift coefficient of 0 . 2 , the 
sum of the design lift coefficients of the component 
mean lines must equal this value. These conditions 
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are satisfied by a mean line having the folloving 
comnonents: (ij a mean line of the type a = 0.6 with 
a design lift coefficient of -0.8 and (2) a mean line 
of the type a i.o vith a design lift coefficient 
of 1.0. The designation of the airfoil having the 
chosen basic thickness form and the aforementioned mean 
line is as follows: 

a 

NACA 66 (215) -216 i 

I 3- 

L 

Further details of the numbering system for this type 
of desjgnation are discussed in reference 2. In order 
to determine the effects of variation in camber, two 
additional airfoil sections having theoretical design 
lift coefficients of 0.3 and 0.4 were derived. These 
airfoil sections are: 



1 a 

VO 

0 

Cl. -- -1.2 ! 

NACA 66 (215) -316 

( 


‘'i )- 



0 

H 

cii = 1.5 j 


1 a = 

0 .6, 

c 1 . =-1.6 ! 

NACA 66(215)-4i6 





! a = 

1.0, 

Cl. = 2.0 1 


L 


‘'1 J 

For the three airfoils the 

theoretical pressure 


distributions at the design lift coefficient, presented 
in figure 1, indicate that even the airfoil designed for 
a lift coefficient of 0.2 has theoretically a slightly 
higher maximum value of the pressure coefficient S, 
and hence a lower value of the critical Mach number, than 
that for the basic thiclcness form. The experimental 
pressure distributions, however, vrere not expected to 
shovr this decrease in critical Mach number because of 
failure to res,llze fully the theoretical load dis- 
tribution . 

Two more airfoils were investigated for the purpose 
of determining the extent to which the critical Mach 
number characteristics of airfoils cambered with a 
uniform— load mean line could be improved by increasing 
the portion of the load carried by the rearward part of 


= 0 . 6 , 
1 . 0 , 


= - 0.8 


I 


1.0 j 
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airfoil while holding uniform the load 
forward part. The tv;o airfoils are: 

carrie 

.0 

• 

0 

II 

= 

1 

0 

• 

..X 

MCA 66 (215) -216 

V ^ 

s 

[a = 1.0, 

'll = 

0.7J 

\ 

i a = 0 . 0 , 

C- = 

• 

0 

1 

MCA 66(215) -216 ■< 

^’1 


P 

11 

• 

0 

11 

•H 

r-b 

0 



LTn 

0 


The contours and corresponding theoretical load 
distributions for the five airfoil sections considered 
in this investigation are given in figure 2. Ordinates 
are given in tables I to V. 


MODSIS 


Al'ID 


Models of the five airfoil sections were built of 
mahogany laminated in the chordwise direction. Each 

model had a chord of 21+ Inches and a span of inches. 

2 

The models were prepared for standard tests in the 
Langley two-dimensional low-turbulence pressure tunnel 
(TDT) in the manner described in reference 2. 

Lift data were obtained from rneasurerr;ents of the 
pressure reactions on the floor and ceiling of the 
tunnel, drag data were obtained from, measurements by 
the wake -survey method, and pitching-m^oment data v/ere 
measured with a torque balance. Details of the methods 
of obtaining the data are given in the appendix of 
reference 2. 

Lift, drag, and pltching-m.oment data were obtained 

at Reynolds numbers of 5 x 10^, 6 x 10^, and 9 x 10^ 

for models in a smooth condition, pressure-distribution 
data for each model were obtained at a number of angles 
of attack corresponding tc a range of llf:t coefficients 
from large negative values to values beyond maximiim lift; 
these data -were obtained for the smooth models at a 

Reynolds number of 6 x 10^. With a standard roughness 
aoplied t'"' the leading edges of the m.odels, lift and 
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drag data were obtained at a Reynolds number of 6 x 10^. 
This roughness consisted of approximately 0.011-inch 
grains of carbormidum applied to the airfoil surface 
over a surface length .of 0 . 08 c measured from the leading 
edge on both upper and lower surf a-ces. The grains were 
thinly spread- to cover 5 to 10 percent of this area. 


RESULTS 


The experimental pressixre distributions are 
presented in figures 5 to 7* Lift, drag, and pitching- 
moment data for the five airfoil sections are presented 
in .figures .8 to 12. The force data have been corrected 
for the constricting effects, of the tunnel v/alls by 
equations (57) to (I|0) In the appendix of reference 2, 
For the present airfoils these equations are reduced to 
the follov;ing simplified forms, v/here the primed values 
represent t.he values measured in the tunnel; 

Oj = O.^Thi' 

Uq = 1.015aQ» 




in. 


/'i- 


c,^ = 0.989 C(^' 

Corresponding corrections have been applied to the 
pressure-distribution data. 


DISCUSSION 


Because only lovz-speed data v;ere obtained, com- 
parisons of the various- airfoil sections are made on 
the basis of predicted' critical Mach numbers. In 
general, critical Mach numbers (the critical Mach number 
is defined as that free-otream Mach number at v/liich the 
local velocity o.f sou-id is first attained) predicted 
from lov;-speed experimental pressure distributions are 
in good agreement with high-speed-test results. This 
critical Mach number is somewhat lov-;er than and is to 
be distinguished from the Mach number corresponding to 
the force breaks. 
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The critical Mach numbers presented in figure I 5 
were obtained from the theoretical and experimental low- 
speed pressure-distribution data by the von Karman 
method by use of the curve presented oii page sSj of 
supplem.ent IV, reference 2. The curves of the critical 
Mach n'o:tibers corresponding to the theoretical and 
experimental low-speed pressure distributions of the 
present aiirfoll sections are compared with similar data 
for airfoil sections having the same basic thickness 
form and the same effective design lift coefficient (the 
lift coefficient corresponding to the center of the 
range of high critical Mach numbers as obtained from the 
experim.ental pressure distribution), but having a uniform 
load mean line (a = 1.0). Although the theoretical and 
effective design lift coefficients may be seen to differ 
considerably for the newer airfoils, the data of refer- 
ence 2 show that the effective and theoretical design 
lift coefficients are substantially equal for the air- 
foil sections cambered with the uniform-load mean line 
for moderate design lift coefficients. Niimerous pressure 
distribution m.easurements have also shovm that the theo- 
retical and experimental low-speed pressure distributions 
for the latter airfoils are in good agreement at low end 
moderate lift coefficients. 

The data of figures 13(a) to (c) show that, for the 
airfoils having zero load from the leading edge to the 
position of minimum pressure, the effective design lift 
coefficients are less than the theoretical coefficients 
and this discrepancy increases with increase in camber. 
For these airfoils the m.axliuum critical Mach num.bers 
obtained from the experimental pressure distributions 
are equal to or greater than the maximum critical Mach 
numbers obtained from the theoretical pressure dis- 
tributions. The critical Mach numbei’S obtained from 
the experimental pressure distributions Increase with 
increasing lift coefficient in most of the range of 
high critical Mach numbers and are a miaximum between 
lift coefficients of 0.2 and 0.5» These maximum 
critical Mach nimibers are approximately 0.025 greater 
at these lift coefficients than the critical Mach 
numbers for the airfoils having the uniform-load m.ean 
line. The results presented in figures 15(a) to (c) 
Indicate that the airfoils have an effective design lift 
coefficient of approximately 0.1 and have maxlmium 
critical Mach numbers at normal lift coefficients for 
high speed that approach the m.aximum critical Mach 
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nximber for t’he basic thickness form at zero lift. The ^ 
difference between the critical Mach number of the basic 
thickness form and of the cambered airfoil sections 
increases with increasing camber. 

For the' two airfoil sections carrying a portion of 
the load from the leading edge to the position of minimum 
pressure (figs. 15(d) and (e)), the predicted critical 
Mach members obtained from the experhuental and theo- 
retical low-speed pressure distributions are much closer 
in agreem.ent than for the other three airfoils. These 
two airfoil sections show small gains in critical Mach 
nixmbers as compared 'with the airfoil sections having the 
uniform-load mean line. 


A comparison of the theoretical pressure dis- 
tributions at the design lift coefficient with the 
experimental pressure distributions having a load dis- 
tribution over the forward portion most nearly like the 
design load distribution is given in figure 1I4.. 

Figures ll|-(a) to (c), which present data for the three 
airfoils with zero load from x/c = 0 to x/c = 0.6, show 
s’access Ive ly greater discrepancies between the experi- 
mental and the theoretical pressure distr ib’utions with 
increase in design lift coefficient. At the design 
lift coefficient, theoretically, no load should be 
observed over the forward portion of these airfoil 
sections. This condition is not fulfilled because of 
the failure to realize the design load over the rearward 
portion of the airfoil. In figures lJ 7 (a) and (b) the 
values of maximum pressure coefficient for the experi- 
mental pressure distributions are in good agreement with 
the theoretical values. The data presented in 
figures ll|-(d) and (e) indicate that the agreement between 
the experimental and theoretical pressure distributions 
becomes progressively better as the load on the rearward 
portion of the airfoils is decreased. 


The low-speed aerodynamic data for the airfoils con- 
sidered in this investigation are given in figures 8 to 12 
and are summarized in table ''/I. A comparison of these 
data with those for the NACA 66-series airfoil sections 
(reference 2) having the same thickness and approximately 
the same effective design lift coefficient with the 
uniform-load mean line indicates no large difference in 
the maximum lift coefficients or in the drag coefficients 


in the low-drag range. 


At a Reynolds number of 9 ^ 10 
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the newer, airfoils having theoretical design lift coef- 
ficients greater then 0.2 show a progressive decrease 
of the low-drag range ./ith Increase in camber and show 
a somewhat larger Initial Increase in drag coefficients 
at the upper end of the range of low drag coefficients 
than the corresponding NACA 66-serles airfoils with the 
uniform- load mean line. The test data for the newer 
airfoils shov/ a jog in the lift curves at the upper end 
of the low-drag range. The magnitude of the jog 
decreases as the Reynolds number is Increased from 

5 X 10^ to 9 X 10^. For the airfoils with a theoretical 
design lift coefficient of 0.2 the jog in the lift curve 

at a, Reynolds number of 9 ^ 10° is very small and has 
approximately the same magnitude as the jogs found for the 
NACA 66-serles airfoils (reference 2) having approxi- 
mately the same effective design lift coefficient and the 
uniform-load mean line. The jog, h.o?/sverj for the newer 
airfoils witli a' theoretical design lift coefficient / 

of 0.5 and O.ij- is greater at a Reynolds number of 9 y. 10° 
than the jogs for the corresponding NACA 66-serles air- 
foils (reference 2) with the uniform-load mean line or 
for the other> airfoils of the preserit paper. The magni- 
tude of the jog appears to increase with increase in 
theoretical design lift coefficient. 

The pitching -moment coefficients' of the newer air- 
foil sections are larger than those for the NACA 66-series 
airfoils (reference 2) having the same effective design 
lift coefficient with the uniform-load mean line but 
avQ not nearly so large as the pitching-moment coef- 
ficients corresponding to the theoretical load dis- 
tribution. 


CONCLUSIONS 


Although recommendations concerning- the use of the 
airfoils at high speeds cannot be made- because of the 
lack of test data at high Macli nuinbers, low-speed tests 
of five NACA 66-sei’ies airfoil sections having mean 
lines designed to give high critical Mach numbers indi- 
cated the follov/ing conclusions; 

1. An effective design lift coefficient (the lift 
coefficient corresponding to the center of the range of 
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high critical Mach numbers as obtained from the experi- 
mental pressure distrib\xtion) of approximately 0.1 was 
obtained for several airfoil sections without causing 
the maximum predicted critical Mach numbers to be 
appreciably less than the critical Mach number for the 
basic thickness form at zero lift. 

2, The maximum lift coefficients and the drag 
coefficients in the low-drag range were approximately 
the same for these airfoils as for the NACA 66 -series 
airfoil sections having the sarae thickness and approxi- 
mately the same effective design lift coefficient with 
the uniform- load mean line. 

5. The low-drag range at a Reynolds number of 

9 X 10*^ decreased v;ith Increase in design lift coef- 
ficient above a value of 0.2. 

I4., The pitching -moment coefficients were larger 
than those of airfoils having the same effective design 
lift coefficients with the uniform-load mean line but 
Twere not nearly so large as those corresponding to the 
theoretical load distribution. 

Langley Memorial Aeronautical Laboratory 

National Advisory Committee for Aeronautics 
Langley Field, Va. , November I9, 19^5 
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TABI£ II 


ORDINATES OP THE 


fa = 0.6, = -O.Sl 

NACA66 (215 )-216 |^^^„^ 0 ^= l.ol 

AIRFOIL SECTION 

CStatlona and ordinates given in 
percent of airfoil chord} 


Upper surface 


Station Ordinate 


.521 


2 C 

25. 
50.052 
55.051 
5.0.002 

hk -962 

‘*pi 

59.677 

6U.571 

60.611 

74.709 

79.652 

64.951 

90.055 

95.055 

100.000 


Im 

1.754 

2.552 

5.208 

ai 

m 

6.597 

6.999 

7.299 

7.476 

7.574 

7.575 

?:r 

6 -? 4 ? 


II 


6.415 

. 5 -J 24 

4.677 

1.514 

0 


Lower surface 


Station Ordinate 


0 

.479 

.725 

1.220 

2.14.60 

4.946 

7.457 

9.951 

14.925 

19.926 

24.9, 

29. 91 

54. 9 < „ 
59.998 
45.058 

50.091 
55.168 
60.525 

'‘.429 


^5 
70.589 

60.168 

85.049 

89.965 

94.945 

100.000 


0 

-1.194 

-1.452 

-1.776 

-2.i^2k 

-5.5^ 

iM 

-7.505 

-7.791 

-8.4i6 

-8.557 

-8.079 

t!al 

-2.829 

-1.526 

-.406 

.526 

0 


L.E. radl\is: 1.575 

Slope of radius throu^ L.E. 


-0.017 


TABLE III 
ORDINATES OP THE 


NACA 


[a = 0 . 6 , = - 1.61 

66 ( 2 X 5)^46 4 ^ ^ J 


AIRFOIL SECTION 

(Stations and ordinates given in 
percent of airfoil chord} 


Upper surface 


Station 


Ordinate 


1.510 

2.580 

5.107 

7.625 

10.159 

15.151 

20.i49 

25.153 

50.104 

35.062 

40.004 

44.925 

69.227 

74.421 

79.^6 

64.902 

90.070 

95.108 

100.000 


i:® 

1.712 

2.285 

3.122 

mi 

i;Si 

l;tSI 

6.868 

7.045 

7.155 

7.195 

7.171 

7.099 

7-259 

6.852 

6.1.70 

5 .W 

5.092 

3.?47 

2.427 


Lower surface 


Station 


.459 

.701 

1.190 

2.420 

4.695 

Ull 

4.a49 

29.896 

34.958 

39.996 

45.075 

50.185 

im 

65.852 

70.773 

75.579 
So. 534 

85.098 

100.000 


Ordinate 


m 

-1.796 

-2.k69 

-3.458 

-4.253 

-6.952 

-8.556 

-8.717 

-8.575 

-7.695 

-6.519 

-5.006 

-5.586 

-1.794 

-.555 

.777 

1.255 


L.E. radius: 1.575 

Slope of radius through L.E. ; 


-0.055 


ORDINA-IES OP OHE 
a = 0 . 6 , 


NACA 66 ( 215)-516 

AIRFOIL SECTION 


fa = 0.6, = -1.2] 

ta = 1.0, = I.5J 


(Stations and ordinates given in 
percent of airfoil chord} 


Upper surface 


Station Ordinate 


0 

-M 

1.295 

2.560 

5.080 

7.594 

10.104 

15.115 

20.112 

25.100 

50.078 

35.047 

4o.oo^ 

U. 9 ^ 

d- 7 kj 

69.418 

74.565 

ilin 

90.055 

95.062 

100.000 


Lower surface 


Station Ordinate 


0 

.469 

.713 

1.205 

2.440 

4.920 

7.406 

19.886 

24.900 

29.922 

34.955 

39.997 

45.056 

50.137 

65.^1 

70.562 

75.435 

60.251 

85.074 

89.947 

94.918 

100.000 


0 

* 1 * 4^9 

1:^6 

-3.417 

-till 

ip 

-8.627 

-8,526 

-8.228 

-7.653 

-6.607 

-5.256 

-5.787 

-2.515 

-:?i 6 ° 

.789 

0 


L.E. radlxxsx I.575 

Slope of radlxis through L.E.: 


-0.026 


TABIE IV 

ORDINATES OP THE 


NATIONAL ADVISORY 
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3 A 66 ( 215)-216 ' ^1 = - 0 - 5 ] 

la = 1.0, = 0.7 J 

AIRFOIL SECTION 

(Stations and ordinates given in 
percent of airfoil chord} 


Upper surface 


Station 


1^.1 


95.045 

100.000 


Ordinate 


0 

1.197 

1.435 

1.761 

2.419 

4.718 

m 

7.064 

8.152 

8.001 

7.751 

Ull 

3.711 

2.518 

1.289 

0 


Lower surface 


Station 


0 

’77^ 

1.277 

2.527 

5.024 

7.521 

10.017 
15.011 
20.006 

25.004 

50.005 
55.009 

40.018 
45.053 
50.057 

im 

75.149 

60.073 

85.005 

89.957 

94.955 

100.000 


Ordinate 


0 

-1.171 

-1.401 

-1.729 

-5; 22! 

-6.856 

-7.278 

-7.569 

-7.557 

-7.115 

-6.361 

-5.316 

4.143 

-2.918 

.099 


L.E. radius: 1.575 

Slope of radius through L,E. 


0.021 
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TABLE V 

ORDINATES OF THE 

fa = 0.6, = -0.3' 

NACA 66(215)-216 _ c - n c 


AIRFOIL SECTION 

(Stations and ordinates given In 
percent of airfoil chord) 


Upper surface 

Lower 

surface 

Station 

Ordinate 

Station 

Ordinate 

0 

.1^5 

.630 

1.185 

2.U28 

V9fi 

19.940 

24.949 

29.957 

54.964 

39.969 

U. 97 O 

12:81! 

69.904 

74.91*5 

Itira 

90.048 

95.038 

100.000 

0 

1.210 

2.476 

2-iS 

4.887 

m 

8!4i7 

8.522 

8.504 

§•552 

8.058 

7.5^ 

6.747 

5.611 

4.739 
5. 581 
2.352 

1.138 

0 

0 

•Ml 

1.515 

2.572 

5.076 

7.577 

10.075 

15.0^ 

20.060 

25.051 
50.043 
35.056 

40.051 
45.050 
50.0^ 
55.048 
60.091 
65.119 
70.096 

75.055 

80.010 

84.972 

89.9^ 

94.9^ 

100.000 

0 

-1.156 

-2.278 

-4.563 

-6.522 

-6.956 

-7.227 

-7.401 

-7.468 

-7.410 

-7.208 

-6.810 

-6.138 

-5.191 

-4.115 

-mi 

-.820 

-.054 

0 

L.E. radius: 1.575 
Slope of radius through L.E 

.: 0.046 
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TABLE VI 


SUMMARY OP AERODYNAMIC DATA 
[r = 9 X 10 ^] 


NACA 

airfoil section 

°d . 
min 

max 

a. c . 

Smooth 

Rough 

(1? 

66(215)-2i6 ^ 

= 0.6, = -0.8 

La = 1-0, =: l.oj 


0.0034 

1 

1.47 

0.99 

-0.050 

66(215)-3i6 < 

(a = 0.6, Cjj = 

[a = 1.0, oj^ = 1.5_ 

> 

0.0031 

1.51 

0.96 

-0.075 

66 ( 215 )- 4 i 6 <1 

fa = 0.6, 0 ^^ = -1.6~] 

[a = 1.0, = 2.oJ 

1 

0.0027 

1.55 

1.01 

-0.100 

66 (215) -216 J 

ra = 0.6, Cj^ = -0.5I 
la = 1 - 0 , oj. = 0.7J 


0.0055 

1.55 

1.05 

-0.052 

66 (215) -216 j 

f a- 0.6, = -0.3"] 

[a = 1.0, Cj^ = 0.5 J 

1 

r 

0.0054 

1.45 

1.00 

-0.050 


1 / 6 
R = 6 X 10°. 
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Fig. 1 


NACA TN No. 1276 



Figure 1 .- Theoretical pressure distributions for the three airfoil 
sections having zero loading from 0 to 0.6 airfoil chord and for 
the NACA 66 ( 215)-016 basic thickness form. 
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Fig. 2 


Theoretical chordwise loadings 


Airfoil contours 




= 0.6, cjj = -1.2 

= l-o, = 1.5 




NACA 66 (215) -216 


0.6, <=li 

1 . 0 , 


-0.5 

0.7 


] 




NACA 66(215 )-2l6 


a 

a 


0.6, ^ii=-0.3l 

1.0, C^^ = 0.5 J 


national advisory 

COMMHTEE FOR AERONAUTICS 


Figure 2.- Theoretical chordwise loadings and contours for the five airfoil sections. 



(a) Oo = -4.1°. 

•Figure Experimental preasvtre distribution of the NACA 66(21^)-2l6 

airfoil section. R = 6 x lO^; tdT test 516. 


0.6, = -0.8l 

1.0, = i.oj 



(b) tto = -2.0°. 
Figure 5»" Contlnvied. 


Fig. 3a, b NACA TN No. 1276 





(c) tto = -I.30. 
Figure 3.- Continued. 



(d) Uq = -1.0°. 

Figure 3 »- Continued. 


NACA TN No. 1276 Fig. 3c, d 



0 10 20 30 I4.0 50 6o 70 80 90 100 


Percent chord 
(e) ao = -0.8°. 
Figure 3»” Continued. 
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I 




1 



(f) ao = -0.5°. 
Plgtire 3.- Continued. 


Fig. 3e,f . NACA TN No. 1276 



0 10 20 50 Uo 50 6o 70 8o 90 100 

Percent chord 
(g) tto = 0 °. 

Plg\ire 3 »- Continued. 



0 10 20 50 I4.O 50 60 70 80 90 100 


Percent chord 

(h) tto = 0.5®. 

Figure 3,- Continued. 
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(1) ao=0.5°. 

Figure 5.- Continued. 



(J) = 0.8°. 

Figure J.- Continued. 


Fig. 3iJ NACA TN No. 1276 



(k) tto = 1.0° 

Figure 3.- Contlm*ed. 



(1) ao=1.5°. 
Figure 3.- Continued. 
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(m) ao = 2.0°. 
Figure 5*“ Continued. 



(n) ao=U.l°. 
Figure 5»- Continued. 


Fig. 3m, n NACA TN No. 1276 



(o) tto = 6.1®. 
Figure 5.- Continued. 



Figure 5.- Contlnvied, 


NACA TN No. 1276 Fig. 3o,p 




(q) Go = 10.2° 
Figure 5*~ Continued. 



Percent chord 
(r) Gq = 12.2°. 
Figure 5 .- Continued. 
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(a; ttQ = 14.2°. 

Figure 5.- Continued. 



(t) Oq = 16.2° 


Figure 3 «- Continued. 
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30 I4.0 50 60 

Percent chord 

(u) Co = 18.3°. 

Figure 3*" Concluded. 


70 80 90 100 


Fig. 3u NACA TN No. 1276 
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Lower surface 
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80 90 


100 


Percent chord 


(a) Oo = -20.3°. 

Flgui-e Experimental pressure distribution of the NACA 66(215)-5l6 

airfoil section. R = 6 x IQO; iDT tost 63I, 


0.6, ®li 

1 « 0 , 


-1.2j 

I.5J 



(b) tto = -10. 3° 

Figure U.- Continued. 


NACA TN No. 1276 Fig. 4a,b 



(c) = - 16 . 2 °. 

Figure h‘- Continued. 



(d) Oo = -12.2°. 
Figure U*” Continued. 


Fig. 4c, d NACA TN No. 1276 



0 10 20 50 Uo 50 60 70 80 90 100 

Percent chord 


(e) Cq = -8.1®. 
Figure U.- Continued. 


I 



(f) Cq a -ii-.l®. 
Figure I4.- Continued. 


NACA TN No. 1276 Fig. 4e,f 



(g) ao = -5.6®. 
Figure U.- Continued. 



(h) Oq = -3.1+0. 

Figure 1+.- Continued. 


Fig. 4g,h NACA TN No. 1276 



(1) ao = -5.1°. 
Figure 4«- Continued. 



(J) ao = -2.8°. 
Figure 4.- Continued. 


NACA TN No. 1276 Fig. 4i.j 



(k) tto = -2.0°. 
Figure Ij.- Continued. 



(1) ao = -1.0°. 

Figure i».- Continued. 


Fig. 4k, 1 NACA TN No. 1276 
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80 90 100 


Porcent chord 


(m) Oq = 0 °. 
Figure 4.- Continued, 



(n) Cq = 0.5°. 
Figure 4.- Continued. 
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(o) tto = 0.5°. 
Figure 1;,- Continued. 



(p) Uq = 0.8°. 

Figure U.- Continued. 


Fig. 4o,p NACA TN No. 1276 



0 10 20 30 14.0 50 60 70 80 90 lOO 


Percent chord 
(q) = 1.0°. 

Figure I 4 .- Continued. 



(r) Co = U.io. 
Figure 1|.- Contlnt»d. 
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0 10 20 30 ko 50 6o 70 80 90 lOO 


Percent chord 


(e) Co = 8.1°. 
Plgvire 1|.- Continued. 
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(t) Co = 12.2°. 

Figure 1+.- Continued. 
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(u) = 16.2°. 

Figure U.- Continued. 



(V) = 19.3°. 

Figure U,- Conclvuled, 
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Percent chord 


(a) Go = - 22 . 3 ®. 

Figure 5 .*~ Experimental prees^e dlatrlbutlon of the NACA 66 ( 215 ) 4^6 
airfoil eectlon. R = 6 x io6; iDT teet 652. ^ 


0.6, 04 = -1.61 
1.0, = 2.0J 



(b) Oq = -18.5°. 


Figure 5.“ Continued. 


Fig. 5a, b NACA TN No. 1276 



(C) ttQ = -16.2°. 

Figure 5,- Continued. 
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(d) Co = -12.2°. 

Figure Continued. 
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(e) ao = -8.1°. 
Figure 5.- Continued. 



{f ) 

Figure 5 .- Continued. 


Fig. 5e,f NACA TN No. 1276 



(8) «o = 

Figure 5 »- Continued. 
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Percent chord 
(h) Co = -5.1°. 

Figure 5.- Contlnvied. 
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0 10 20 30 uo 50 60 70 8o 90 100 

Percent chord 

(1) Co = -2.8°. 

Figure 5.- Continued. 



0 10 20 30 kO 50 60 70 80 90 100 

Percent chord 

(j) Co = -2.0°. 

Figure 5.- Continued. 


Fig. 5i,j NACA TN No. 1276 




(k) Go = -1.0°. 

Figure 5.- Contlnxied. 


(1) tto = 0°. 
Figure 5,- Continued. 
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0 10 20 30 1|0 50 60 70 80 90 100 

Percent chox^ 

(m) = 0.3°. 

Plgtire 5.- Contlniied. 



(n) tto s 0.5°. 
Figure 5,- Continued. 


Fig. 5m, n NACA TN No. 1276 
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(o) Co = 0 . 8 °. 
Figure 5 .- Continued. 



(p) Co = 1.0°. 

Figure 5»- Continued. 
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Percent chord 


(q) 

Figure 5 »- Continued. 



(r) Cq = 8.1°. 
Figure 5 »- Continued. 
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10.0 




Percent chord 

(t) Co = 16.2°. 

Figure 5.- Continued. 
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Percent chord 

(u) Co = 19.5°. 

Figure 5.- Concluded. 


Fig. 5u NACA TN No. 1276 



(a) 


Plgxire 6.- Experimental preseure distribution of the NACA 66(213 }-2l6 ■[* ” ” “0»5l 

airfoil section. R = 6 x lo^; b)T tests 5i|5 and 551. 
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(b) Cq = -U.io. 
Figure 6.- Continued. 
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(c) ao = -2.0°. 
Figure 6.- Continued. 
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(d) oo = 0°. 

Figure 6.- Continued. 


Fig. 6c ,d NACA TN No. 1276 



(e) ao = 0.5°. 

Figure 6.- 


Contlnued. 
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(f) Co = 1.0°. 

Figure 6,- Continued. 
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(g) ao = I.50. 
Figure 6 .- Continued. 



(h) Oq = 2 . 0 °. 

Figure 6 .- Contlntied. 
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Percent chord 
(1) ao=U.l°. 

Figure 6.- Continued. 



(J) a„ = 6.1°. 
Plguro 6.- contliwBd. 
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(k) Co = 8.1°. 
Figure 6.- Continued. 
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(1) Uq = 10.2° 

Figure 6.- Continued. 


Fig. 6k, 1 NACA TN No. 1276 
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(m) ao = 12.2° 

Figure 6.- Continued, 
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(n) Cq = lij..2° 
Figure 6.- Continued. 
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Figure 6.- Concluded. 


Fig. 6o NACA TN No. 1276 
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(a) a. = -4.1°. 


Figure 7.- Experimental pressure distribution of the NACA 66(215 )-2l6 
airfoil section. R = 6 x 10^; TOT tests 539 572. 
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(b) = -2.0° 

Figure 7.- Continued. 
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Figure 7 .- Continued. 
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(d) Uq = 0°. 

Figure 7.- Continued. 
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0 10 20 50 i|0 50 6o 70 8o 90 100 


Percent chord 
(e) Co = 1 . 5 °. 
Figure 7»“ Continued. 



(f ) Co = 2.0°. 

Figure 7»” Continued. 
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(g) = 4.1°. 

Figure 7.- Continued. 



(h) uo = 8.1°. 
Figure 7*" Continued. 
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(1) ao^l2.2°. 


Figure 7*" Continued, 
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Fig. 8 NACA TN No. 1276 



2l4.»lnch chord. TDT tests 6l6 and 622 
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2U-lnch chord. IDT testa 620, 621, and 6^2 


Fig. 10 NACA TN No. 1276 



2l;-lnch chord. TDT teats 5^0 and 555, 


NACA TN No. 1276 Fig. 11 



Fig. 12 NACA TN No. 1276 
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Fig. 13a 



Figure 15 •- Comparison of the predicted critical Mach numbers obtained 
from the theoretical and experimental low-speed pressure distributions. 
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— Prom experimental pressure distribution 

From theoretical pressure distribution 

From theoretical pressure distribution 
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From theoretical pressure distribution 
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Figure 15 .- Continued 
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Fig. 13c 



Figure 15 •- Continued 


Critical Mach number 


Fig. 13d 
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Figure 15 •“ Continued 


Critical Mach number. Mpr , 
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Fig, 13e 
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Percent chord 


(a) NACA 66(215)-216- 


= 0 . 6 , 
= 1 . 0 , 


= -o.al 

H = i-oj 


airfoil section. 


PlKure 111.- Comparison of the experimental pressure distribution at the 
design lift coefficient with the theoretical pressure distribution at 
lift coefficient. 
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Fig. 14b 



(b) NACA 66(2X5)-3 i 6 = 0*6, ®li » -1.2 

a = 1.0, = 1.5 

Figure llj..- Contlnuad. 
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(c) NACA 66(215)-1;16 


- 1 . 6 ^ 
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’ airfoil section. 
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Fig. 14d 
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